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Resumo

Hypersonic airbreathing propulsion tem a capacidade de revolucionar quer a induastria
da aviacdo, quer a industria espacial. Para além dos motores pertencentes a esta classe
nao necessitarem de transportar o oxidante para a combustao, quando comparados com
o motor foguete, oferecem um impulso especifico superior a elevados nimeros de Mach.
Assim, durante muito tempo, o foco da propulsao hipersdnica foi o scramjet. No entanto,
outros conceitos tém vindo a ser propostos que parecem ter um melhor desempenho,

como é o caso dos motores de detonacao obliqua, ODWE.

Esta tese apresenta o desenvolvimento de um codigo que visa calcular e comparar o de-
sempenho de um motor scramjet com um motor de detonacao obliqua (ODWE). O es-
tudo realizado é unidimensional e as estacoes consideradas para os motores sao admis-
sdo/compressdo, combustdo e expansao. Para o motor scramjet a stream thurst anal-
ysis ¢ implementada, permitindo uma analise mais precisa quando comparada a outras
metodologias unidimensionais. Além disso, a combustao é considerada quer a pressao
constante, quer em area constante. Quanto ao motor de detonacdo obliqua, o modelo
matematico apresentado por Pratt (1991) é implementado, mas considerando a eficiéncia

da combustao.

Dadas condicoes basicas de operacao, tais como altitude e nimero Mach, o codigo cal-
cula as propriedades necessarias em cada estacao. Assim, os parametros de desempenho
relevantes podem ser estimados, dando ao leitor uma ideia s6lida de como os motores se
comparam ao nivel do seu desempenho. Sao também apresentados e analisados os resul-
tados de um estudo especifico em que se queima estequiométricamente H2/ar. Conclui-se
que o motor de detonagao obliqua tem melhor desempenho do que o scramjet, o que justi-
fica todos os esforgos de pesquisa em torno deste motor, e também no uso das detonacoes

em diferentes sistemas de propulsao.

Palavras-chave

Propulsao hipérsénica, scramjet, scramjet de pressao constante, scramjet de area con-

stante, motor de detonagao obliqua, performance, detonacao, analise stream thrust.
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Abstract

Hypersonic airbreathing propulsion has the ability to revolutionise both the industry of
aviation and space launchers. Apart from not needing to carry the oxidizer needed for
combustion, when compared to rockets, this class of engines often offers higher specific
impulse at high Mach numbers. For a very long time, the focus of hypersonic airbreathing
propulsion was on the scramjet engine. Nevertheless, other concepts have been proposed
that seem to outperform the first one. An example of this is the oblique detonation wave

engine, ODWE.

This thesis presents the development of a code that aims to calculate and compare the
performance of a scramjet engine with an oblique detonation wave engine (ODWE). The
study conducted is one-dimensional and the stations considered for the engines are air
intake/compression, combustion and expansion. For the scramjet engine, stream thrust
analysis is implemented, allowing for a more accurate analysis when compared to other
one-dimensional methods. Moreover, both constant pressure and constant area burner
are considered. As for the oblique detonation wave engine, the mathematical model pre-

sented by Pratt (1991) is implemented, but considering the efficiency of combustion.

Given basic operation conditions, such as altitude and freestream Mach number, the code
calculates the necessary properties at each station and all relevant performance parame-
ters can be estimated, giving great insight into how the engines compare regarding their
performance. Results of a specific case study burning H2/air at stoichiometric conditions
are presented and analysed. The oblique detonation wave engine is found to have over-
all better performance than the scramjet engine, which justifies all the research efforts

around this engine and the overall use of detonations on different propulsion systems.

Keywords

Hypersonic propulsion, scramjet, constant pressure scramjet, constant area scramjet, oblique

detonation wave engine, performance, detonation, stream thrust analysis.
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Chapter 1

Introduction

1.1 Motivation

The interest in hypersonic airbreathing propulsion has been growing over the years. This
technology can revolutionise the aerospace field not only by powering vehicles to fly faster
than five times the speed of sound, but also by potentially creating a new class of flight ve-

hicles that can allow for a faster access to space, as well as faster commercial air travel.

Over the years, scramjet engines have been highly studied in order to unleash the poten-
tial of hypersonic airbreathing propulsion. Compared to rockets, one can easily point out
the advantages of scramjet technology. Scramjets not only usually produce higher specific
impulse than rockets, but also do not need to carry oxidizer for combustion. This means
heavier payload can be transported, making flights more cost efficient. Nevertheless,
other propulsion devices have been proposed for hypersonic flight, such as the Oblique
Detonation Wave Engine. This engine replaces the diffusive combustion of scramjets with
an oblique detonation, allowing for a shorter and simpler combustor design. Additionally,

it is expected to have better thrust performance than traditional scramjet engines.

Although there is still a long way to go in hypersonic airbreathing propulsion, the research
being conducted in the field is of utmost importance. The ultimate motivation behind this
dissertation is to better understand and compare the performance of these two engines,

and the role they each play in the future of hypersonic flight.

1.2 Objectives

The goal of this dissertation is to describe the development of a numerical tool that can
successfully compare the performance of an oblique detonation wave engine with a scram-
jet engine. Both constant pressure and constant area scramjet combustion will be studied
in order to also provide a good picture of how it affects the performance of the scramjet

engine.



The tool should be able to optimize the inlet geometry for a given Mach number, and then
calculate engine performance for a specified range of hypersonic Mach numbers. This tool
can also be useful for vehicle preliminary design, as the airframe of a hypersonic vehicle is
highly influenced by engine geometry. This means that with a preliminary performance
assessment, one can have an estimation of the overall vehicle geometry. Results are deliv-
ered promptly, allowing for testing of various input conditions and quickly assessing their

influence on overall engine performance.

A test case will be implemented and results will then be presented and analysed in order

to have a clear view of how both engines perform in specified conditions.

1.3 Dissertation Outline

The present dissertation is organised in five chapters. They are the following: Introduc-

tion; Literature Review; Methodology; Results; and Conclusion.

The first chapter describes what is the motivation behind the study conducted, the objec-
tives it aims to accomplish and also gives the reader a better insight into how the disser-
tation is organised. The Literature Review is focused on providing a clear understanding
of both engines being analysed, and the research that has been done to make advances in
hypersonic airbreathing propulsion. The literature referenced in this chapter is the foun-
dation that led to the development of the current project. The Methodology describes the
approach that was taken to conduct the project, as well as the mathematical formulation of
all equations applied. It also provides a good insight into how the Python code was devel-
oped and how it works. The Results chapter is focused on presenting the output the code
produces after doing the calculations for the specified case study. The output is analysed
for a better understanding of how the performance compares, as well as what influences
it. The Conclusion presents the main outcomes of the project, as well as a suggestion for
future work that aims to mature the technology development in hypersonic airbreathing

propulsion.



Chapter 2

Literature Review

2.1 Hypersonic Airbreathing Propulsion

Hypersonic airbreathing propulsion technology is maturing fastly with the aim to trans-
form and make hypersonic flight more accessible. Despite the fact that practical hyper-
sonic airbreathing propulsion systems have not been developed despite more than 40
years of research, substantial technological improvements have lately been made [1]. The
most common engines associated with hypersonic airbreathing propulsion are scramjets

and ramjets.

Nevertheless, other engine configurations have been proposed, such as the Oblique Deto-
nation Wave Engine. The key difference of this engine is the fact that combustion happens
by detonation instead of deflagration. According to Ashford et al. [2], several studies have
found acceptable performance of this engine in the Mach range of 6-22. Additionally, ac-
cording to Jiang et al. [3] the scramjet combustion mode cannot meet the thrust needs
of hypersonic vehicles. The reason behind this is the fact that scramjet thermal efficiency
drops as the Mach number increases. Although, ODWE'’s thermal efficiency also drops as

the Mach number increases, it is still higher than the thermal efficiency of the scramjet.

It is also important to note that major research is still required in the field of hypersonic
airbreathing engines, since these engines have a high starting Mach number. This means
that both scramjets and ODWEs are dependent on other engines to take-off and accelerate

to the starting Mach number, which increases the complexity of the system.

2.2 Scramjet

With the aim of establishing a definition of the scramjet engine, one needs to understand
the ramjet engine first. Unlike a gas turbine, ramjets have no rotating machinery. Com-
pression is attained through shock waves that are usually generated by the forebody of the

vehicle. In a ramjet, the flow is decelerated to subsonic speeds after compression, mean-

3



ing the combustion is subsonic. According to Heiser and Pratt [4] this is efficient in the
Mach range of 3-6. Nevertheless, as the Mach number increases, it is no longer efficient to
decelerate the air to subsonic speeds, so combustion needs to be supersonic. What results
from this, is a supersonic combustion ramjet, also called scramjet. A two-dimensional

schematic diagram of the scramjet engine is shown in Figure p.1.

Exhaust

Supersonic Nozzle

IDiffusa[ Burner Y
i - 48
~Vehig, | | T : gu",‘l&""y
—h:-“-;_-._____ﬁouhﬂ,ary “'\Q.\,-aff
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Figure 2.1: Two-dimensional schematic diagram of a scramjet engine [4].

Scramjet engines have been highly studied but there are still many technical challenges
that need to be overcome besides the high starting Mach number. For example, according
to Heiser et al. [4] it is necessary to assure not only stable, but also efficient mixing and
combustion in a supersonic flow within a combustion chamber with an adequate length.
Additionally, these engines operate in an environment of extreme temperature and pres-
sure. Thus, it is also a challenge to assure the structural integrity that is of utmost impor-
tance in order to have a reusable engine. Unfortunately, the challenges do not end here,
and creating the analytical tools that allow for confident engine design control and accu-

rate behaviour prediction is also a concern.

Research to solve these issues has been conducted. As an example, Roberts [5] has studied
the possibility of lowering the scramjet starting Mach number to 3.50. Moreover, Roberts
also includes important insights on fuel and design choices that help to attain the goal of

the study, as well as focusing on how to improve scramjet performance.

Tsujikawa et al. [6] have proposed a performance analysis with a quasi-one-dimensional
flow model, while Rolim et al.[7] uses the stream thrust analysis to assess scramjet per-
formance for an acceleration mission from 2 to 3 km/s. Additionally, the last authors also

present important results of design parametric studies.

Tran [8] has developed a one-dimensional analysis program for scramjet and ramjet flow-

paths. A new one-dimensional MATLAB-based model called VTMODEL is created, and it

4



includes modelling capabilities that allow for extensive examination of the flow dynamics

inside the combustor.

2.2.1 Deflagration

Given the content of the present work, it is also beneficial to define deflagrations, as it
characterizes combustion in a scramjet. According to Diéguez et al. [9], deflagration can
be defined as the passage of a flame front as a subsonic wave through a combustible mix-

ture in relation to an unreacted medium.

In accordance with Lee et al. [10], by diffusing heat and mass from the flame zone, a
deflagration wave spreads and ignites the reactants up ahead. Heat and mass diffusivity
control the propagation speed. Also, the reaction rate that preserves the flame’s steep

gradient also affects the diffusion flux.

2.3 Oblique Detonation Wave Engine

According to Pratt et al. [11], it was back in 1946 when Roy [12] suggested the use of normal
detonation waves for hypersonic vehicle propulsion. Further studies concluded thermo-
dynamic feasibility, nevertheless, detonation stabilization seemed difficult and appeared
to require variable engine geometry. In addition to that, downstream of a normal detona-
tion, just like downstream of a normal shock, the Mach number is subsonic. This would

result in extreme temperature and pressure that would ultimately lead to dissociation.

It was Dunlap et al. [i1] that later suggested the implementation of oblique detonations
instead of normal detonations, as it allows for supersonic flow throughout the burner,
similar to the scramjet engine. This would lead to invariable engine geometry and moti-

vated the appearance of the Oblique Detonation Wave Engine.

With only one glimpse, one can struggle to find the difference between scramjets and
ODWEs by only looking at their geometries. Nevertheless, in Figure .2 one can spot
the wedge that exists in the combustor.

An oblique detonation is generated when the supersonic fuel/air mixture flows over the
wedge [14]. Several advantages arise by having a detonation-based combustion instead of

diffusive combustion. Valorani et al. [15] stated several, such as the possibility of delaying

5
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Figure 2.2: Two-dimensional schematic diagram of an Oblique Detonation Wave Engine [113].

the starting Mach number of rocket operation. Logically, this would save weight as less
oxidizer would have to be transported, increasing vehicle payload. Additionally, ODWEs

allow for a much shorter burner when compared to scramjets [f11].

Moreover, ODWESs can have a simpler and shorter compression system, as the tempera-
ture ratio across compression can be lower due to the high temperatures and pressures
that occur in the burner because of the detonation. Rosato et al. [16] state that the det-
onation can effectively increase thermodynamic cycle efficiencies from approximately 10
to 20 % when compared to typical cycles that are based on diffusive burning. Dunlap et
al. [i] also stated that by using a detonation, there is no need for ignition devices, thus

reducing engine complexity.

Based on the advantages these engines seem to offer when compared to scramjets, several
researchers have embraced the topic and made great contributions to mature the tech-
nology. Jiang et al. [3] propose a standing oblique detonation ramjet to replace diffusive
burning. The engine is developed successfully and the study also concludes the engine
model can work steadily. Additionally, it confirms that an oblique detonation can be sta-

tionary, as well as controllable in the burner.

Pratt et al. [11] have developed the mathematical model of the detonation that is used in
this dissertation to analyse and determine burner conditions after the detonation. Addi-
tionally, it clarifies the interactions between thermodynamic, chemical-kinetic, and gas
dynamic considerations that end up determining the envelope of operating conditions

that assure stable ODW with an acceptable pressure loss.

Ashford et al. [2] conducted a performance prediction study, where the performance of an

oblique detonation wave engine is compared to diffusive scramjet engines. Both constant

6



area and constant pressure scramjets are considered, as well as perfect and real gas mod-
els are employed. Besides, frozen and equilibrium nozzles are also analysed, providing a
good insight into how it affects engine performance. Additionally, it is verified that the
ODWE allows for a smaller engine. For the specific case of Mach 10 cruising configura-

tion, it was concluded that the ODWE could reduce engine length by 50 %.

Cambier et al. [17] developed a code for simulating supersonic combustion and used it
to perform flow calculations related to the concept behind the oblique detonation wave
engine (ODWE). The code was applied to the simulations of detonations generated by a
wedge placed in a supersonic stream of stoichiometric and uniformly mixed hydrogen-air.

It was concluded that attached detonations were possible.

2.3.1 Detonation

Detonations are supersonic combustion waves that propagate through a reactive gaseous
mixture of fuel and oxidizer [18]. In order to give a more precise definition and cite Heiser
and Pratt, "Detonation is said to occur when a shock wave-induced combustion wave fol-
lows so closely behind the igniting shock wave that the two waves are pressure-coupled”.
They can be classified according to whether the Mach number downstream of the deto-
nation is subsonic, sonic or supersonic. If the Mach number downstream is subsonic, the
detonation is said to be overdriven, if it is sonic, then it is a Chapman-Jouguet detonation
and lastly, if it is supersonic, then the detonation is classified as underdriven. Addition-
ally, similarly to oblique shocks, for the same wedge angle, an oblique detonation can have

a weak or a strong shock solution.

A generalised diagram of oblique detonation wave angle as function of deflection angle
and heat addition, for constant upstream conditions and addressing the classifications of
the different possible downstream flowfields, is given in Figure p.3.

Special attention should be paid to the Chapman-Jouguet locus, which is the point of mini-
mum wave angle on each locus of states for a given ¢>0. Strong overdriven oblique detona-
tion waves, like regular strong oblique shock waves, are linked to static pressure rises that
are so great that they detach and are hence unnatural. The weak overdriven detonation
waves, which are restricted by the Chapman-Jouguet angle and the detachment angle, are
therefore the region of interest for ODWs, as shown in Figure .3. The underdriven det-

onations are not suitable for ODWEs because the normal component of the downstream
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Figure 2.3: Generalised form of oblique detonation wave angle as function of deflection angle and heat
addition, for constant upstream conditions [4].

Mach number is supersonic. Thus, the normal component of the downstream Mach num-

ber needs to be either sonic or subsonic to assure the ODW is attached and stable.

2.3.1.1 Chapman-Jouguet Theory

Chapman (1899) and Jouguet (1905) established what is the earliest theory on detonations
[19]. The theory describes the detonation wave as a hydrodynamic discontinuity across

which energy release occurs, and assumes it is stable, planar, and one-dimensional.

It is also worth mentioning the Hugoniot relationship, where subscripts 1 and 2 stand for

before and after the detonation, respectively.

b= =5 (=) (/o1 + 1/pa) (21

Using the Hugoniot relationship, the Hugoniot curve can be plotted, which allows to de-
termine the possible solutions for state 2, given a particular state 1 and energy release. An
exemplifying plot of this curve can be seen below, in Figure b.4.

Regions I and II coincide with supersonic waves (detonations). On the other hand, re-

gions IV and V relate to subsonic waves, also known as deflagrations.

The actual propagation speed of deflagrations is determined by the combustion wave’s
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Figure 2.4: Hugoniot curve [19].

structure, as well as turbulent and diffusive transport processes. On the other hand, for
detonations, gas dynamic considerations appear to be sufficient to predict the wave prop-
agation speed without regard to the wave’s actual structure. Separately, these were the
conclusions Chapman and Jouguet came to, suggesting that detonations travel at the very
minimum velocity for all the solutions on the detonation branch [19]. Looking into fig-
ure P.4, one can easily see that there are two Chapman-Jouguet points, the upper and
the lower. The upper is on the detonation branch, whereas the lower is on the deflagra-
tion branch. Here the point of particular interest for ODWE applications is the upper
Chapman-Jouguet point, as it corresponds to the detonation branch and is the point of

minimum entropy and minimum total pressure loss [11].

2.3.1.2 ZND Model

The ZND detonation model is a one-dimensional, inviscid and steady representation of the
explosive detonation process. The term comes from the fact that it was independently pro-
posed during World War II by Werner Doring, John von Neumann, and Y. B. Zel’dovich.
The model defines a supersonic detonation combustion wave as a shock front that is im-
mediately followed by an induction zone, which is then followed by a reaction front [18].
For better understanding, Figure .5 displays a schematic diagram of the ZND detonation
model, as well as a profile of temperature, pressure and density through the detonation
wave.

A thermally almost dormant region known as the induction zone is where shocked gas

molecules split apart to create active radicals. The shocked reactants’ temperature and
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Figure 2.5: Schematic of the ZND detonation model, along with a profile of temperature, pressure, and
density across the detonation wave [18].

pressure are essentially constant in this situation. Rapid exothermic reactions that trans-
form reactants into end products start when there is a sufficient amount of these active
radicals created. As the gas expands, the exothermic reactions in the reaction zone raise

the temperature while lowering the pressure and density.

Although it is now known that detonations are not defined accurately by this model, it is
still important to mention it, as it was of utmost importance back in the days for providing
a very good understanding of the propagation mechanism, as well as the internal struc-
ture of the detonation wave. Additionally, it eventually led to what is known in the area

in the present day.

For a more accurate understanding of detonations, and referring to Lee [10], a detonation
wave has a three-dimensional cellular structure, instead of the one-dimensional structure
proposed by the ZND model. The same author states an unsteady behaviour of the deto-
nation fronts, which has been revealed with the development of cameras in the 1920s and

1930s.
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Chapter 3

Methodology

In this chapter, the methodology used to develop the tool is described. Some important
considerations to mention are: no isolator will be considered for the scramjet engine, so
the on-design Mach number should not be less than 8 [20]. Additionally, only altitudes

in the range of 0 to 32 km are accepted.

With the purpose of establishing a reference for the numbering of engine stations, Figure

B.1 follows below, with a generic representation of engine geometry.

0 3 4 10

Compression System Burner Expansion System

Figure 3.1: Generic representation of engine geometry for station numbering reference.

3.1 Atmosphere Model

In order to study engine performance at various altitudes, the model of the International
Standard Atmosphere is implemented. This model is accepted internationally and was
proposed in 1952 by the International Civil Aviation Organisation (ICAO). The code re-
ceives as input the altitude (from 0 km to 32 km) and all important properties are calcu-

lated.

To calculate the temperature within the troposphere, the following equation is imple-
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mented:

h(m)
=Ty — 65— (3.
T 0 651000 (3.1)

where Tj is 288.15 K. From the end of the troposphere to an altitude of 20 km, the tem-
perature remains constant and equals 216.65K. Above the altitude of 20 km and up to

32 km, the temperature is given by
T = Toopm + (h(m) — 20000)1073  (3.2)

where Ty, is 216.65 K. The following property to be addressed is the pressure. To cal-

culate it within the troposphere, the equation below is used:

—90

T \ R’Rx
P =Dpo (TO) (3.3)

where pgis 101325 Pa, Ris 287.05307 Jkg 'K 1, \is —6.5x 1072 K m~! and g is 9.80665 m s 2.
On the other hand, from 11 to 20 km of altitude, pressure can be obtained through

—gg(h—11000)

P = P11kme€ AT11km (34)

where p114m, is 22632.06 Pa and T’ 14, is 216.65 K. From 20 to 32 km of altitude, the equa-

tion implemented is the following;:

T \ Ry
P = P20km <T> (3.5)
20km

where pogr, 18 5474.89 Pa, Toopm is 216.65 K and A is 1 x 1073 Km ™!,

The following property to be considered is the speed of sound, which can be calculated via

a=+/yYRT (3.6)

where v = 1.4. Lastly, to calculate the acceleration of gravity for a specific altitude, the

following equation is implemented

B 6371000 \” (37)
9=9\ 631000+ 1) 37

where gg is 9.80665 m s 2.
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3.2 Compression System

The compression system affects engine performance tremendously. Several factors need
to be taken into consideration when designing it to assure that the necessary cycle temper-
ature ratio is provided, but with maximum compression efficiency, as well as minimum
entropy increase. Factors that need to be taken into account include type of compression
(internal, external or mixed), number and type of shock waves, as well as the size of the

final inlet.

For the present work, the engines compared have the very same compression system. Al-
though the engines are different, in light of the goal of this study, which is to compare

their performance, this is considered the best approach.

Additionally, the following assumptions are made for the compression system design:
one-dimensional flow, air is a calorically perfect gas, inviscid, and heat transfer to or from
the wall is neglected. These assumptions are considered appropriate for quickly assessing
engine performance. To further refine the geometry, a more complex approach should be

implemented.

3.2.1 Inlet Type

The inlet type selected was based on the work of Quan et al. [21]. Internal compression
inlets generate a lot of drag because of their shape, and integrating them with the rest
of the vehicle is difficult. Furthermore, because of the intricate structure of the flowfield
and the requirement for a changeable shape to create stable flow, the design of the internal
compression inlet is quite challenging. In an external compression inlet, flow must enter
the combustor at a significant angle to the freestream flow in order for all oblique shocks
to be outside the entrance throat. This requires the inlet cowl to not be positioned parallel
to the freestream flow, which leads to a significant increase in cowl drag. External com-
pression inlet is not a popular option for scramjet intake design because of this drawback.
These issues can be solved by a mixed compression inlet, which is also the most popu-
lar within hypersonic airbreathing propulsion, hence this is the type that is used in this
project. Additionally, the engine cowl angle and amount of compression are "decoupled”
by mixed compression systems, which can lead to a cowl that is parallel to the freestream

flow [4]. A representation of a mixed compression inlet is present in Figure §.d.
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Figure 3.2: Representation of a mixed compression inlet [4].

3.2.2 Number of Oblique Shocks

The next step is to determine how many oblique shock waves should be generated by the
inlet to assure the desired cycle temperature ratio with great efficiency and minimum
entropy increase. Additionally, the inlet should provide acceptable performance in off-

design conditions and should be of an acceptable length.

For the code being developed in this project, the design of the compression system is con-
ducted based on the desired cycle temperature ratio 73 /7. Additionally, from all the pos-
sibilities for the compression system design, it was decided to assure that all oblique shock
waves need to impart equal amounts of geometric turning of the flow, and at design point
operation, the shock-on-lip condition is verified [4]. Looking into Figure[.d, one can con-
clude that a system of 4 oblique shock waves seems to be the wisest choice. Increasing the
number of oblique shocks would lead to a longer compression system and more off-design
complications are likely to appear [5]. For this reason, a system of 4 oblique shock waves

is considered for this study.

3.2.3 Mathematical Model

As for the mathematical model implemented, in order to calculate the properties of the
flow after each shock, the traditional oblique shock equations in 3.8,8.9,8.1d, B.1] and B.19

were applied.

20
Yo +

Pratio = 1 + 1 [MQ sin” B — 1] (3.8)

14



T L] T 1
o
=
. 0,95 @ J
> >
Q s
ch 2 g T
° 0.90F -
— Q 9= —— e e e s ]
- 2
w 7
g 0.85F 4
s T ——
- e T R s e e e
m s 2 7
w
o 0.80f 3 6 —0— J
a - 7-—-—
£ ° 8
=]
¢ 0.75f -: Y.=1.36 .
g 1 T e e AT
0.70 z L L 1 1
o 5 10 15 20 25

Freestream Mach Number, M,

Figure 3.3: Adiabatic compression efficiency as a function of freestream Mach number, static temperature
ratio, and number of oblique shock waves [4].

(1) M?sin?g
~ i (o-n st B

Pratio

Tratio = Pratio / Pratio  (3.10)

2 cot 8 [MQSiHZIB — 1]

tan ¢ = M? vy + cos(2f)] + 2

(3.11)

1 [ 2 Y2 (950 M2 sin® e
Mratio = — + M? sin? B w -1 (3.12)
M \ v —1 v — 1

Additionally, 7. and 7k are determined via the following equations taken from [4]

Ye/(Ye—1)
T = bis _ Ps (1> (3.13)
b0 Po \¥
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oo (7%)(%—1)/%

Ne = (3.14)
p—1

2 1 (Ye=1)/7e
=1-—5 — -1 .
NKE (o= 1) I3 <7Tc> (3.15)

where Y = T3/T0.

3.3 Combustion System

For the combustion study, it is considered that combustion starts with air and fuel com-
pletely mixed. The chemical equation that represents the complete combustion of air and

a hydrocarbon fuel is called the stoichiometric equation and is given by [4]

CoHy+ (a: + %) (Oz + ;—? N2>

(3.16)

Y 79( y)
=H — =N
—>:EC02+2 20+21 .2?—1-4 2

The stoichiometric fuel/air ratio can be calculated via

36x + 3y

= m (3.17)

fst

In the case of non-stoichiometric mixtures, it is useful to define the equivalence ratio,

which is the ratio of real fuel/air ratio to stoichiometric fuel/air ratio. This is given by

_f
¢ = I (3.18)

According to Heiser and Pratt [4], as a general rule, for combustion to take place within a

reasonable timescale, the equivalence ratio must be in the range of 0.2 to 2.

In this project, the selected fuel is H,. From the fuels present in Table B.1, it can be con-

cluded that Hs has the highest heating value. Additionally, its self-ignition temperature
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is also the highest. The major drawback when selecting H> is its low density, which ulti-
mately leads to the necessity of lots of space to store it in the aircraft. Nevertheless, lots
of research has been conducted to overcome this issue, such as solutions to store it as a
liquid, requiring cryogenic temperatures [4] [7].

Table 3.1: Properties of several fuels, where p is for standard conditions and 7., is for standard conditions
and 1 atm [7].

Fuel  hpr[MJ/kg] plkg/m’] Tign[K] st
Hos 119.96 0.08 845.15 0.02913
CHy 50.01 0.65 810.15 0.05825
C2Hg 47.49 1.22 745.15  0.06241
CsHs 46.3 1.79 743.15 0.06408
CyHio 45.74 2.36 693.15  0.06497

3.3.1 Scramjet

To analyse scramjet combustion, it was decided to study both constant area and constant
pressure combustion. For certain burner entrance conditions, constant area scramjet usu-
ally produces the highest specific impulse [22]. On the other hand, it is stated by Ferri [23]
that a constant pressure process has a higher performance than constant area combustion,
for a given maximum engine pressure. It is also known that an absolutely constant pres-

sure burner is not viable, taking into account the manufacturing capabilities of the present

day [4].

To analyse both of these processes, the stream thrust analysis is implemented. This method
is selected, as it accounts for phenomenon that other one-dimensional flow analysis meth-
ods, such as the Thermodynamic Closed Cycle Analysis or the First Law Analysis, do not
account for. In light of this, it should be the most accurate method, when compared to
the others mentioned, as it takes into account "the mass, momentum, and kinetic energy
fluxes contributed by the fuel, the geometry of the burner, and exhaust flows that are not

matched to the ambient pressure” [4].

3.3.1.1 Constant Pressure

For constant pressure combustion, the following equations are implemented [4/]:

1. V4

it o g
V4—V3{ 57 2016 (3.19)
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14+ f

VZ\ y2
+ <1+f-vf;>23
3

It should be noted that %, (absolute sensible enthalpy of fuel entering the combus-

T

1
1 T°
{ + ConT wfhpr + fhy + fCu

.20
v (3.20)
2C,

tor) is neglected as it is usually less than A, [4].

3. Az/A4

3.3.1.2 Constant Area

For constant area combustion, the following equations are implemented [4]:

1. Vy
—b+ Vb? —4ac
Vi= 5 (3.22)
a
where,
R

a=1-— (3.23)

20, 3.23

RT3
14+ f

1
{1 + [’m,fhpR + fhf + prbTO
Ot (3.25)
V2 V2 3-25
f 3
1 T
! ( o V) 2 }

As one can conclude, for the constant area combustor there are two different solu-

tions for V that lead to very different properties at the exit of the burner. In this

project, only the solution which corresponds to the highest V} is considered.
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c V2
Ty=— — -4 (3.26)
T R20y,
3. p4/Do
D4 p3 V3 T4
—=01+f)— =7 (327
Po 1+ po Vi T3

3.3.2 Oblique Detonation Wave Engine

On chapter B, it was stated that the types of detonations that can be applied to hypersonic
airbreathing propulsion are both the Chapman-Jouguet and the weak overdriven detona-
tions. Additionally, it should be reminded that Chapman-Jouguet detonations correspond
to the minimum total pressure loss and point of minimum entropy. Considering this, for
on-design conditions the programme should determine which wedge angle generates a
Chapman-Jouguet detonation. For the following Mach numbers, a weak overdriven det-
onation should be assured. Additionally, to prevent pre-ignition in the specific case of
burning H, under stoichiometric conditions, according to Ashford and Emanuel [2], tem-
perature before the detonation wave should be less than 1000 K. On the other hand, to
assure ignition, temperature after detonation should be more than 1000 K. If this condi-

tion is not satisfied, the programme will warn the user.

In order to determine the Chapman-Jouguet detonation angle for the design Mach num-

ber, the following equation is solved

(M2, —1)* —2(v+ )M, Q=0 (3.28)

where My, =M;sin § and Q = %7%_
To find the wedge angle that generates a Chapman-Jouguet detonation at on-design con-

ditions, ¢y, ., the following equation is solved.

L+ M7 o,

(y+1)ME \/(Ml/Mlnch.J. ) -1

Ochg. = Bchg, — tan™! (3.29)

For the remaining Mach numbers in the range to be considered, the detonation angle is

determined with Equation .30, as the wedge angle is already defined.

19



Q= —EX2MPsin? B + (1 +yMEsin? §) X

(3.30)
— (1 + 'YT_IMf sin? ﬁ)

X is defined below in Equation B.33. Equations and were taken from Murthy et
al. [24]. Equation B.3d was taken from Heiser et al. [4].

3.3.3 Post-Detonations Properties

After determining the detonation angles for each Mach number to be studied, the follow-
ing step is to determine the conditions after the detonation. The methodology was taken
from Pratt et al. [11], where fuel and air are assumed to be completely mixed. However,
in order to make this approach closer to reality, and to be consistent with the analysis of
the scramjet combustion, Equation is implemented here as well, in order to estimate
the velocity of the fuel/air mixture, after fuel is injected. The temperature of the fuel/air
mixture is assumed to be the same as the temperature of the air coming out of the com-

pression system, as the temperature of the fuel is neglected here.

Pressure after the detonation is calculated by

pa =p1+ prui,(1—X) (3.31)

and the detonation temperature ratio is determined according to

T, 2C,Ty

(1-X?) + (?Zi’l (3.32)
P

where X is given by

ﬂ_%:tan(ﬂ—ﬁ)

X = =
P2 Uln tan 3

(3-33)

and

up =ursing  (3.34)
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uy =uicosf (3.35)

Ugp = ugsin(f —6) (3.36)

ugy = ug cos(f —0) (3.37)

3.4 Expansion System

Lastly, the expansion system is analysed. Its ultimate goal is to produce thrust and it can
operate underexpanded, overexpanded or ideally [4] [5]. Ideally means the exhaust prod-
ucts of combustion are expanded to the atmospheric pressure through the nozzle, which
corresponds to p1o/pp = 1. On the other hand, if the nozzle is operating underexpanded,
it means that p;o/po > 1. Operating in this condition results in a smaller length of the noz-
zle, which ends up saving weight. Lastly, the overexpanded condition means p;o/py < 1.
This condition does not bring any advantages, as less thrust is produced and the nozzle is

bigger than it should be for optimum performance.

For the expansion system analysis, one-dimensional and calorically perfect flow is con-
sidered. Additionally, the expansion is considered an adiabatic process and it is assumed
that the nozzle is ideal. This means that for all conditions analysed pio/pp = 1. It is
also important to note that with this methodology, frozen flow in the expansion system is
assumed. This is usually seen as a lower boundary for performance, meaning that this ap-
proach is somewhat conservative when compared with the shifting equilibrium. Quoting
Forbes and Splinter [25], this last approach assumes that “chemical and phase equilibrium
among all combustion species is maintained under the varying pressure and temperature
conditions of the nozzle expansion process, the product composition will change. This is
known as shifting equilibrium, and performance so calculated will be the higher value be-
cause the dissociated species that recombine in the nozzle add to the release of chemical

energy converted into kinetic energy”. This usually represents the higher boundary for
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performance.

The mathematical model to calculate properties at station 10 follow below [4]:

P10 Po (R/Cpe)
Tio=Tsq1—1ne [1— ( . ) (3.38)
bPo D4

Vip = \/V42 +2Cpe (Ty — Tho) (3.39)

3.4.1 Performance

Lastly, equations to estimate engine performance are presented here and were taken from
Pratt et al. [4]. It is important no note that some of the assumptions listed above are
very far from being fulfilled in the real flow. Therefore, it is important to take that into

consideration when analysing the results obtained for performance.

3.4.1.1 Specific Thrust

Specific thrust is defined as

Uninstalled thrust ~ F° (3.41)
Entry air mass flowrate 1 34

Additionally, using the stream thrust function, one can define the specific thrust as

F RoTy (Ao
| ~ Sag — 210y .
o (1+ f)Sain — Sag v (Ao ) (3.42)
where
RT
Sai = Vig <1+ V21°> (3.43)
10
and

RT|
Sao = Vo <1 + ;’) (3.44)

Vo
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Therefore, the mass flow rate of air that must enter the engine may be derived directly
from Equation B.42 provided both the uninstalled thrust required for a given operation

and the specific thrust of the type of engine to be used are known.

3.4.1.2 Specific Fuel Consumption

The specific fuel consumption is defined as

Fuel mass flow rate My

Uninstalled thrust §= T (3.45)

It can also be defined using the specific thrust, as in the equation below:

f

5= F/rig

(3.46)

3.4.1.3 Specific Impulse

One of the most important performance parameters to be calculated when it comes to
engine performance is the specific impulse, as it is able to show how efficiently the engine

produces thrust. It is defined as

Uninstalled thrust F
Fuel weight flow rate gomy

3.4.1.4 Propulsive Efficiency

The propulsive efficiency is the ratio of thrust power to engine mechanical power. It can

be defined as
2{(1+ ¥ -1}
{(1 e (8) - 1}

Nevertheless, by following Equation .48 the propulsive efficiency can actually exceed 1.

Mp = (3.48)

This happens when the fuel/air ratio is large enough. Therefore, a more logical equation

can be defined, neglecting the fuel/air ratio. This equation follows below.

Mp = (3.49)

Ve
E+1
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3.4.1.5 Thermal Efficiency

Thermal efficiency is the ratio of engine mechanical power to chemical energy rate. It is

defined as

vz ooy
A+ f)5 -5
fhpr

Neh = (3.50)

3.4.1.6 Overall Efficiency

The overall efficiency demonstrates "how well the engine uses the energy originally de-

posited in the fuel tanks” [4]. It is defined as

Thrust power W
Chemical energy rate 1 shpp

Overall efficiency = 7, = (3.51)

The overall efficiency can also be easily calculated by the product of both the thermal and

propulsive efficiency, as defined by
Mo =1h - Mp (3.52)

3.4.2 High-Level Flowchart

Having described the methodology implemented, a high-level flowchart of the developed
tool follows in Figure B.4. Additionally, the Python code follows attached to this disserta-
tion in Annex [A.d.

i Read input from  / Calculate Tg, pp, 90 » Determine & for
Axt file and ap compression system

|

Determine Ty, V4 Determine T4, V4 and Determine & for Determine Ta. Va and
and pg for constant [«——| P4 forconstant |, ct Jouguet |« 33
area scramjet pressure scramjet detonation at Mg Pa
" Determine T1p, V1o Determine T1g, V10
m‘:"f':re;é’xé o and Aqp/ag for o andAqgmg for ,| Determine T1g, V10
constant pressure constant area and Aqp/Ag for ODWE
scramjet scramjet

- Determine and plot
End tso‘E ‘;ﬂﬁ: D performance
’ parameters

Figure 3.4: High-level flowchart of the developed tool.
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Chapter 4

Results

4.1 Model Validation

Before implementing a case study, running the tool and analysing the results, it is impor-
tant to run some tests and compare the results obtained by the tool and those available in
the open literature. This will allow a better understanding of the accuracy of the model
implemented, know its limitations, and also contribute to greater confidence in the final

results and conclusions.

4.1.1  Compression System

Firstly, the compression system model implemented is tested for on-design conditions.
Apart from the operating conditions, the code receives as input the desired 7,4;,. It then
finds the wedge angle, which is the same for all shocks, that assures that specific 7,4, at
the end of the compression system. Only weak shocks are considered to assure supersonic
flow throughout the engine. A series of four oblique shock waves is considered, as already

discussed in B.2.9. The input of the validation test follows below.

Table 4.1: Input data for compression system validation.

Property Assigned Value

Mo 10

To 288.15 K
Tv‘atio 2

Ye 1.362

The results of the validation test follow in Table |4.2.

Table 4.2: Results of the compression system validation test.

Wedge Angle [°] T5[K] Tratio Error [%]
3.177 575.7  1.998 0.1019

The tool developed finds the wedge angle by iteration until the difference between the
desired T,.:, and the actual 7)., calculated by the tool is less than 0.01. For greater
accuracy, this can be easily changed by decreasing this difference. Nevertheless, that will
increase the time needed for computation. As the error is less than 1%, the chosen interval

is considered to be a great compromise between accuracy and computational time.
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4.1.2 Scramjet

To validate the mathematical model implemented for the scramjet engine, results ob-
tained by the developed tool were compared with those from Heiser and Pratt [4]. Table

k4.3 shows the input data that was used for model validation.

Table 4.3: Input data for model validation [4].

Property  Assigned Value

To 222 K
Vo 3048 m/s
Ty 1556 K
V3 2530m/s
b 0.9
Ne 0.9
f 0.04
V‘Vg 0.5
W+ 0.5
Cy e 0.1
Cpp 1.51kJ/kgK
Che 1.51kJ/kgK
fhpr 3510 kJ/kg
hy 0
T° 222 K
Yo 1.238
Ve 1.238
R 289.3 (m/s)? /K
b 258
P10 1.4

PQ

Tables l4.4 and [4.5 present the results from Heiser and Pratt [4] for the scramjet engine
with both constant pressure and constant area combustion. In addition, it also presents

the results obtained with the tool developed and the relative error for each property.

Table 4.4: Comparison of constant pressure scramjet results obtained by the tool developed and Heiser et

al. [4].

Property Constant Pressure [4] Constant Pressure Error [%]
Ty 3740 K 3730.86 K 0.2444
Vi 2360m/s 2359.71m/s 0.01222
Tio 1610 K 1609.05 K 0.05881
Vio 3460m/s 3460.65m/s 0.01875
e 590 N's/kg 591.09 N's/kg 0.1848
Nth 0.450 0.4508 0.1845
Igp 1504 s 1506.86 s 0.1902

Looking into the relative error column of Table 4.4, one can conclude that no property pos-
sesses a relative error above 1%. This small error is likely to be explained by the rounding
of the results presented by Heiser and Pratt. Therefore, the mathematical model for the
constant pressure scramjet is validated.

Looking into the relative error column of Table 4.5, it can once again be concluded that
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Table 4.5: Comparison of constant area scramjet results obtained by the tool developed and Heiser et al. [4].

Property Constant Area[4] Constant Area Error [%]

Ty 4500 K 4480.67 K 0.4296
Va 1810m/s 1817.63m/s 0.4221
b 1080 1075.47 0.4193
Tho 1580 K 1577.24 K 0.1748
Vio 3470m/s 3474.50m/s 0.1298
. 603 Ns/kg 604.71 N's/kg 0.2844
N 0.464 0.4651 0.2295
Iy 1538 s 1541.59 s 0.2336

no property possesses a relative error above 1%. This small error is likely to be explained
by the rounding of the results presented by Heiser and Pratt. That being said, the mathe-

matical model for the constant area scramjet is assumed to be valid.

4.1.3 Oblique Detonation Wave Engine

To validate the mathematical model for the ODWE, results obtained by the developed tool
were compared with those from Heiser and Pratt [4]. Using an online tool, data points
from the Chapman-Jouguet locus (blue curve) on Figure [4.1 from [4] were extracted. Mak-
ing use of the program developed for this dissertation, the very same curve was obtained.

The comparison follows in Figure l4.2.
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Figure 4.1: Oblique detonation wave angle as a function of deflection angle and heat addition, for constant
upstream conditions and an upstream Mach number of 6 [4].

It can be seen that the curves are almost overlapping each other. Nevertheless, from a
deflection angle of around 6°, there is a small gap between both curves. This is considered

acceptable as the tool used to extract the data points is not 100% accurate.
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Figure 4.2: Comparison of Chapman-Jouguet locus obtained by the tool developed and Heiser et al. [4].

In order to further validate the model, the NASA Computer programme CEA (Chemical
Equilibrium with Applications) was also used to simulate and determine properties after
a Chapman-Jouguet detonation. The results obtained from CEA were then compared to
those obtained by the tool developed. For the test, the oxidizer selected was air and the

fuel was hydrogen. The input used for this validation test follows in Table [4.6.

Table 4.6: Input data for model validation.

Property Assigned Value

To 208 K
o 101325 Pa
10} 1
Mcy 4.8335
acy 406.6 m/s
Pratio 1.8042
Yo 1.4015

The output obtained from the NASA CEA and the tool developed follows in Table 4.7. The
relative error was also calculated in order to better understand the degree of accuracy of

the results produced.

Table 4.7: Comparison of results obtained by NASA CEA and the tool developed.

Property NASACEA Pereirinha Error [%]
Pratio 15.595 15.594 0.005385
Tratio 9.878 9.923 0.4569

Once again, the relative error falls under 1% which validates the mathematical model im-
plemented to calculate both temperature and pressure after a Chapman-Jouget detona-
tion. At this point, the model is assumed to be validated and with great accuracy, when

compared to the data from Heiser and Pratt [4] and the results from NASA CEA.
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4.2 Parametric Studies

To create the code, several functions were defined in order to make it more understand-
able to others. Additionally, this allows using some lines of code multiple times, instead
of having to rewrite them. These are also helpful to study certain parts of the engine in-
dependently and perform parametric studies to have a better understanding of how some
parameters influence others. Additionally, results from these studies will also be helpful

when choosing the input data for the case study.

4.2.1 Compression System

Firstly, the compression system will be studied. It is of interest to understand how the
T, atio affects both the 7k and 7. for several M, considering four oblique shock waves.

This can be seen in Figure [4.3.
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Figure 4.3: Inlet compression system efficiency as a function of M, for several T-qti0, 7. = 1.362.

It can be concluded that as the T, increases, for the same M, the inlet compression
system efficiency decreases. The results here presented can also be validated by taking
into account Figure B.3. On the other hand, in Figure 4.4 it can be seen how the kinetic
energy efficiency varies with both My and T;,.

It can be concluded that increasing the T;..:;, also has a negative impact on the kinetic en-
ergy efficiency. Taking this into consideration, when choosing the desired 7., to design
the inlet of a hypersonic airbreathing engine, the negative influence of 7,;;, on both ef-
ficiencies should be taken into account. Nevertheless, a low T.,;;, impacts negatively the

overall performance of the engine, so a trade-off study should be performed.
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Figure 4.4: Kinetic energy efficiency as a function of M, for several T} 10, 7. = 1.362.

In Figure E, it can be seen how the burner entry Mach number, M3, varies with the
freestream Mach number, M, for different values of 7}.,:,. The higher the T, .., the
lower M3 is. This graph is mainly helpful to assure that the T, chosen allows for a
supersonic burner entry Mach number, so supersonic combustion can happen. It is also
worth mentioning that alow M3 can be advantageous, as it can minimise some of the diffi-
culties associated with supersonic combustion, such as fuel/air mixing [26]. On the other
hand, it can be seen that a low M3 means a high 7,..,;;,. This leads to high temperatures
inside the engine, causing high thermal stress and requiring special materials that can

withstand such stresses.
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Figure 4.5: Burner entry Mach number, M3, as a function of M, for several T4ti0, 7. = 1.362.



4.2.2 Oblique Detonation Wave

Oblique detonation waves (ODWs) were also studied and subjected to parametric stud-

ies. To better understand the influence @ has on the necessary wedge angle to generate a

Chapman-Jouguet detonation, Figure [4.6 was plotted.
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Figure 4.6: Wedge angle as a function of freestream Mach number for Q = 2, Q = 3, Q = 4 and . = 1.362.

On the other hand, to better understand the influence Q has on the detonation angle of a

Chapman-Jouguet detonation, Figure 4.7 was plotted.
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Figure 4.7: Detonation angle as a function of freestream Mach number for Q = 2, Q = 3, Q@ = 4 and

Yo = 1.362.

By increasing @, a higher wedge angle is necessary to generate a Chapman-Jouguet deto-

nation, which logically leads to a higher detonation angle. These plots are also helpful in

case the wedge angle can be varied in flight to generate a Chapman-Jouguet detonation

for all M.
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Afterwards, it was studied how the detonation pressure and temperature ratio are affected
by the dimensionless ODW heat flux, Q. For this, 7, was considered 1. Figures 4.8 and
l4.d were plotted for the following conditions upstream of the detonation: p = 101325 Pa,
T=298K,v=14and C, = 1005 J/kgK.
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Figure 4.8: Pressure ratio as a function of dimensionless ODW heat flux.
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Figure 4.9: Temperature ratio as a function of dimensionless ODW heat flux.

For the range considered, it can be concluded that as the dimensionless ODW heat flux
increases, both 7)., and p,.q, increase in an approximately linear manner.
4.2.3 Scramjet Combustion

In this section, the influence of ¢ is studied for both constant pressure and constant area

burner. In Table l4.8, properties used for this study are specified.
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Table 4.8: Input for the study of influence of ¢.

Property Assigned Value
On-Design M, 8
On-Design Tratio 2
Viz 0.5
“;;
73 0.5
Cf % [0}
Chb 1510 J/kgK
T° 222 K
hpr 119.96 M J/kg
Y 1

The study is performed considering a lean, stoichiometric and rich mixture of Hy/air,

¢ =0.5,¢ =1and ¢ = 1.5, respectively.

4.2.3.1 Constant Pressure Burner

For the constant pressure burner, results follow in Figures 4.10, 4.11 and 4.19. As ex-

pected, increasing the equivalence ratio leads to higher temperatures at the burner exit.
As an example, by doubling ¢ from 0.5 to 1, at M, = 8, there is an approximate increase

of 65 % in the temperature at the burner exit.
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Figure 4.10: Temperature at burner exit as a function of M, for ¢ = 0.5, = 1 and ¢ = 1.5.

On the other hand, the lower ¢ is, the higher is V. Nevertheless, as this is the case of a
constant pressure burner, velocity changes only slightly with ¢, very little when compared
with how Ty changes with ¢.

In a constant pressure burner, the area across the burner needs to increase, so pressure
can be maintained. In Figure [4.12, it can be seen that increasing ¢ also leads to a higher

variation of cross-section area across the burner. For the overall engine this can mean
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Figure 4.11: Velocity at burner exit as a function of M, for ¢ = 0.5, » = 1 and ¢ = 1.5.

high penalties, as by increasing the cross-section, the drag created will also increase.
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Figure 4.12: Area ratio as a function of M, for ¢ = 0.5, = 1 and ¢ = 1.5.

4.2.3.2 Constant Area Burner

Similarly of what was done for the constant pressure burner, for the constant area burner,

results follow in Figures 44.13, 4.14 and 4.15. Additionally, in these conditions, by compar-
ing the results for the constant area and constant pressure burner, it can be seen that the
temperature at the burner exit is higher for the constant area. Also, just like it was men-
tioned for the constant pressure burner case, doubling ¢ from 0.5 to 1 at M, = 8 leads to

an increase in 7); of approximately 72 %.
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Figure 4.13: Temperature ratio as a function of M, for ¢ = 0.5, ¢ = 1 and ¢ = 1.5.

Looking into Figure [4.14, it can be seen how much pressure increases through the engine
until the burner exit. The goal of the plot was to verify that the equivalence ratio increases

this pressure ratio, which is indeed verified.
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Figure 4.14: Freestream to burner exit pressure ratio as a function of M, for ¢ = 0.5, ¢ = 1 and ¢ = 1.5.

Lastly, once again it is concluded that the equivalence ratio does not influence V;, as much
as it influences both T} and p,.;;,. Additionally, V increases with M, and also with the
decrease of . When deciding on the equivalence ratio, the variation of all of these param-
eters should be studied in order to decide which ¢ suits the needs of the mission the most.

As for the case study to be addressed in the following section, ¢ will be considered 1.
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Figure 4.15: Velocity at burner exit as a function of M, for ¢ = 0.5, » = 1 and ¢ = 1.5.

4.3 Case Study

Having performed a series of parametric studies and with the insights taken from its re-
sults, a case study was created. This case study ultimately fulfils the end goal of this dis-

sertation, which is to compare the performance of a scramjet engine with an ODWE.

Some simplifications have been introduced, as not introducing them would lead to com-
plex methods that go far beyond the scope and aim of this dissertation. This means that
attention should be paid when assigning certain constants its value, such as v and C,,. As
one can easily deduce, the input data chosen highly influences the results produced. For
this project, the input data was carefully chosen in order to be as accurate and realistic as

possible.

4.3.1 Input Data

The input data for this case study follows below in Table 4.d. Furthermore, it is listed
in the same order as the input file of the programme. It should be kept in mind that the
lowest Mach number possible to be analysed is M, = 8, as no isolator was taken into
account while developing this project. As for the range of Mach numbers to be analysed,
it is advisable for it to be small, as some properties are taken as constant throughout the
range. Another property that requires attention when choosing its value is the 7., for
compression system design. The reason behind this is that preignition should be avoided.

As mentioned in section 3.3.d, the temperature upstream of the detonation should be kept
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below 1000 K to prevent preignition from occurring. If this is not met, the code will print
a warning, asking the user to reduce the 7}.t;,. In order to meet this requirement for all

the Mach numbers considered, whilst not penalising performance, the 7;.,:;, chosen is 2.

Table 4.9: Case study input.

Property Assigned value
h [m)] 0
Mop 10
Mupper bound 15
Tratio 2
Ve 1.362
Scramjet 3 1.238
ODWE ~, 1.170
Scramjet 7. 1.238
ODWE ~. 1.170
Cpo [J/kgK] 1005
Chpe [J/kgK] 1090
Scramjet Cyp, [J/ kg K] 1510
ODWE Cy, [J/kgK] 2000
Scramjet C. [J/kgK] 1510
ODWE C,. [J/kgK] 2000
% 05
W 0.5
Scramjet 7, 0.9
ODWE 7, 0.9
Scramjet 7. 0.9
ODWE 7. 0.9
x of CxHy 0]
y of CxHy 2
hpr [MJ/kg] 119.96

Scramjet related properties, such as 73, v, Cpy and C). were taken from Heiser et al. [4].

Additionally,

‘(f; and % were also taken from the very same source, as well as ~., which
is the same for both the scramjets and the ODWE. Nevertheless, it would not be correct
to take for the ODWE ~,, ., Cp,p and C),. the same as the scramjet engine. This is because,
in the burner, the temperature and pressure are much higher in the ODWE than in the
scramjet engine. Thus, some research was conducted in order to assign these parameters a
realistic value. As such, the properties after the detonation for Ay = 10 were investigated
and it was concluded that 7 was approximately 5000 K. At these high temperatures, both
C, and ~ vary more substantially with temperature than with pressure, therefore, the in-
fluence of pressure is neglected here and only the influence of temperature is taken into
account. Also, considering the composition of the mixture after combustion, it was de-
cided to set Cp, = Cpe = 2000J/kgK and v, = . = 1.170. As for the efficiencies, they

were all assumed as 0.9 [4].
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4.3.2 Performance Comparison

Firstly, specific thrust as a function of freestream Mach number was plotted, Figure [4.16.
As expected, maximum specific thrust is achieved at design Mach number, M, = 10, and
decays as the Mach number increases for all three engines. As for the scramjet engines,
constant area combustion has a higher specific thrust than the constant pressure com-
bustion scramjet. Nevertheless, the ODWE offers a much higher specific thrust than the
scramjet engine. On the other hand, the curve of the ODWE has a higher slope, meaning
that for the case study here analysed, the ODWE is more affected by off-design operation

than the other engines.
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Figure 4.16: Specific thrust as a function of freestream Mach number for the three engines studied.

Taking into consideration these results, and Equation §.46 one can expect the engine that
produces the highest specific thrust to have the lowest specific fuel consumption. Figure
shows exactly that. Additionally, as expected, the lower specific fuel consumption is
verified at the design Mach number, increasing as the freestream Mach number increases.
Then, in Figure one of the most important performance parameters is plotted, the
specific impulse. As Vanyai et al. [22] mentioned in their work, constant area scramjet
usually produces the highest specific impulse for the same burner entry conditions, when
compared to other scramjet combustion processes. The results of this project show ex-
actly that, meaning the conclusions taken here are in accordance with those present in
current literature. As for the ODWE, it performs better than both scramjet engines. For
reference, for this case study and M, = 10, the I,, produced by the ODWE is approxi-
mately 1.91 times higher than that of the constant area scramjet, and 2.33 times for the

constant pressure scramjet.
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Figure 4.18: Specific impulse as a function of freestream Mach number for the three engines studied.

Regarding the propulsive efficiency, results follow in Figure .1g. Compared to the other
engines, the ODWE has the lowest propulsive efficiency as it has the highest exhaust ve-
locity, V.. On the other hand, % is the lowest for the constant pressure scramjet, which
explains why this engine has the highest propulsive efficiency. A key point to retain from
this analysis is that considering the 3 engines subjected to this study, the constant pres-
sure scramjet is the one that converts engine mechanical power into thrust power more
efficiently.

As for the thermal efficiency, looking into Figure 4.2d, it can be concluded that the ODWE
indeed has a much higher thermal efficiency than the scramjet engines. This result is also
in accordance with Jiang et al. [14], which suggests that the ODWE is a promising en-

gine configuration regarding thermal efficiency. Concerning scramjet engines, the con-
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Figure 4.19: Propulsive efficiency as a function of freestream Mach number for the three engines studied.

stant area combustion has higher thermal efficiency, meaning the constant area process
is more efficient in converting chemical energy rate into engine mechanical power than

the constant pressure process.
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Figure 4.20: Thermal efficiency as a function of freestream Mach number for the three engines studied.

In Figure [4.21, the overall efficiency is plotted. This performance parameter shows how
efficiently the engine uses the energy that was initially stored in the fuel tanks or, alterna-
tively, how much fuel must be carried in order to supply the required amount of energy for
a certain mission. Therefore, it can be concluded that once again the ODWE is the most
efficient engine, followed by the constant area scramjet, and then the constant pressure

scramjet.

All the plots above fulfil the goal of this project, which was to compare the performance
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of the three engines. Having analysed them, it can firmly be concluded that the ODWE
is a promising engine configuration with outstanding performance when compared to
both scramjet engines here analysed. Additionally, this study also allows us to better un-
derstand the difference in performance between the two scramjet combustion processes.
Thus, it can be concluded that the constant area combustion scramjet performs better

than the constant pressure process.
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Figure 4.21: Overall efficiency as a function of freestream Mach number for the three engines studied.

Last but not least, it was decided to plot %100. Although it is not a performance parameter,
it is considered very important as it is an indicator of how much drag the engine geometry
will create. Also, if variable nozzle geometry is considered, then Figure shows how

A1 should change over the considered Mach range, for constant Ay.
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Figure 4.22: A,q:i0 as a function of freestream Mach number for the three engines studied.
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Chapter 5

Conclusion

5.1 Summary

The main goal of this thesis was to compare the performance of the ODWE with the per-
formance of scramjet engines. With that aim, a tool was created in Python. This project
falls well within all the research conducted to investigate new engine configurations that
can potentially replace scramjets for hypersonic speeds. Given the advantages hypersonic
airbreathing propulsion can offer when compared to rockets for launching payloads into
space, or when compared to conventional engines for commercial flights, this is a field

worth studying.

Firstly, research was conducted to define the mathematical model to be implemented.
It was decided to do a one-dimensional study, as the aim of the project is performance
comparison for early-stage engine development, and not meticulous engine design. From
all the one-dimensional methods, the stream thrust analysis was chosen for the scramjet
engine, as this approach is very often mentioned in the open literature as the most ac-
curate. To model the detonation process of the ODWE, the work of Pratt et al. [11] was
followed, but 7, was also included in order to make sure the analysis of the scramjet en-
gine and the ODWE include the same parameters. Additionally, for each engine station, it
was decided to assign C), and ~ values in accordance with the expected conditions in that
station. Furthermore, these are also constant over the range of Mach numbers analysed.
This simplifies the analysis greatly and without substantially compromising the accuracy

of the results, especially if a small range of Mach numbers is studied.

To assure the results obtained were valid, some tests were run and compared with results
found in the open literature. For the scramjet engine, both constant area and constant
pressure combustion, the results were compared with those present in Heiser et al. [4]].
The overall result of the model validation for the scramjet engine was considered success-
ful, as the relative error of all properties was well below 1%. As for the ODWE, the results

were once again compared with those from Heiser et al. [4], but also with NASA Com-
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puter programme CEA (Chemical Equilibrium with Applications). Heiser et al. [4] was
used to validate the Chapman-Jouguet locus obtained for an upstream Mach number of
6. On the other hand, the results obtained from a case study run at NASA CEA were used
to validate the functions developed in the code that calculate properties downstream of
the detonation. Once again, the relative error fell well below 1%, so the tool is assumed

valid.

Besides performance comparison, it was also decided to perform some parametric studies
with the functions developed and implemented in the programme. The goal of this study
was to better understand the influence some parameters have on the engine, but also to
have some criteria when choosing the input data for the case study that ultimately fulfils

the goal of this dissertation.

Lastly, the case study was created and its results analysed. It was concluded that indeed
the ODWE performs very well when compared with the scramjet engine. The difference
in performance is solely due to the combustion mode, as the rest of the engine stations are
analysed using the same mathematical model. As it was verified, for M, = 10, the ODWE
has a specific impulse of 1.91 and 2.33 times higher than the scramjet engine, constant
area and constant pressure respectively. Furthermore, the ODWE also has the lowest
specific fuel consumption and is a great alternative to achieving high thermal efficiency,
which is an issue for scramjet engines. In addition, this study also allowed to understand
which combustion process performs the best. The constant area scramjet outperformed
the constant pressure in all the performance parameters studied. Nevertheless, the con-
stant pressure process is usually chosen because it avoids the need to build the structure
primarily to withstand the peak pressure, and avoids the potential of boundary-layer sep-
aration, [4]. Similarly, even though the ODWE outperforms both scramjets, there are still
many obstacles in the way of this technology, such as the stability of the ODW and also

materials that can withstand such conditions after the detonation.
To conclude, the goal of this project was accomplished and validates the growing interest

in the ODWE for hypersonic flight. Additionally, it also solidifies the use of detonations

for propulsion applications.
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5.2 Future Work

Concerning future works, some improvements could be implemented to the code, in order
to generate more realistic results and to allow for a broader analysis of the engines. As an
example, more scramjet combustion processes could be studied, such as constant volume
or constant velocity. In addition to this, engine geometry could also be incorporated into
the programme, in order to estimate the dimensions of each station, and the overall engine
as well. This would allow for a very complete analysis that can be very valuable in early-

stage engine development.
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Appendix A

Code Files

A.1 Input File

Master Thesis Project by Inés Pereirinha, University of Beira Interior, 2021/2022
Input

Altitude (m) = @

Design Mach Number = 10

Lower Mach Number = 1@

Upper Mach Number = 15

Number of shocks for compression system = 4

Desired compression ratio = 2

Ratio of specific heats for compression = 1.362

Ratio of specific heats for combustion — SCRAMIET = 1.238

Ratio of specific heats for combustion — ODWE = 1.17

Ratio of specific heats for expansion — SCRAMJET = 1.238

Ratio of specific heats for expansion — ODWE = 1.17

Specific heat at constant pressure - free-stream (J/kgK) = 1005
Specific heat at constant pressure — compression (J/kgK) = 1090
Specific heat at constant pressure - burner Scramjet (J/kgK) = 1510
Specific heat at constant pressure - burner ODWE (J/kgK) = 2000
Specific heat at constant pressure - expansion SCRAMJET (J/kgK) = 1510
Specific heat at constant pressure - expansion ODWE (J/kgK) = 2000
Ratio of fuel injection axial velocity to velocity at burner entry =@.5
Combustion Efficiency SCRAMIET= 0.9

Combustion Efficiency ODWE= 0.9

Expansion efficiency SCRAMJET= 0.9

Expansion efficiency ODWE = 0.9
Fuel definition (considering CxHy, insert x)
Fuel definition (considering CxHy, insert y)
Fuel Heating Value (MJ/kg) = 119.96

N &

Figure A.1: Input file.

A.2 Pyhton Code

1 cgi print_arguments
2 cmath pi, sin, sqrt
3 curses.ascii SI

4 getopt gnu_getopt

5 gettext translation
6 math

7 posixpath abspath

8 re X

9 string
10 sys

11 tkinter .messagebox YES
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47

48

49

from tracemalloc import stop

from turtle import xcor

import numpy as np

import matplotlib.pyplot as plt

from matplotlib.backends.backend_pdf import PdfFile, PdfPages
import random

from scipy.optimize import fsolve

import warnings

warnings.simplefilter ("ignore", np.ComplexWarning)

#Reading Input from input.txt file
rdm=[]
file = open("/Users/ines/Desktop/Tese/Code/input.txt","r")

lines=file.readlines ()

for line in lines:
s=
for ¢ in line:
if c.isdigit()==True:
sl=str(c)
s=s+s1l
if c==".":
s=s+s1
rdm.append (s)

file.close()

h=float (rdm[2])
MO=float (rdm[3])

A=int (rdm[4])

B=int (rdm[5])

x=int (rdm[6])
Tratio=float (rdm[7])
gamma_c=float (rdm[8])
gamma_bl=float (rdm[9])
gamma_b2=float (rdm[10])
gamma_el=float (rdm[11])
gamma_e2=float (rdm[12])

CpO=float (rdm[13])
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51 Cpc=float (rdm[14])

52 Cpbl=float (rdm[15])

53 Cpb2=float (rdm[16])

54 Cpel=float (rdm[17])

55 Cpe2=float (rdm[18])

56 VExV4=float (rdm[19])

57 eta_bl=float (rdm[20])

58 eta_b2=float (rdm[21])

50 eta_el=float (rdm[22])

60 eta_e2=float (rdm[23])

61 n_of_C=float (rdm[24])

62 n_of _H=float (rdm[25])

63 h_pr=float (rdm[26])

64 gamma_0=1.4

65 RO=-(Cp0/gamma_0)+Cp0

66 Rc=-(Cpc/gamma_c)+Cpc

67 Rb1=-(Cpbl/gamma_b1l)+Cpbl
68 Rb2=-(Cpb2/gamma_b2)+Cpb2
69 Rel=-(Cpel/gamma_el)+Cpel
70 Re2=-(Cpe2/gamma_e2)+Cpe2
71

72 if MO<8:

73 print ("Calculations might not be accurate, as an isolator might be

needed for Mach < 8!")

75 1f A<MO:
76 print("This input will result in an underdriven detonation, therefore
stable detonation cannot be assured!")

77 quit ()

79 #ISA Model

8o def atm(h):

81 from cmath import exp, sqrt

82 T_i=[288.15,216.65] #K

83 P_i=[101325,22632.0637315355,5474.88855574362] #Pa
84 g0=9.80665 #m/s"2

85 R=287.05307 #J/kgK

86 gamma=1.4

87 lam=[-6.5%10%*-3 ,1%x10%x*x-3] #K/m
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88
89 #Calculation of Temperature
90 if h<11000:

91 T=T_i[0]+1am [0] *h

92 elif h<20000:

93 T=T_i[1]

94 else:

95 T=T_i[1]+lam[1]*(h-20000)

96

97 #Calculation of Pressure

08 if h<11000:

99 P=P_i [0]1*(T/T_i[0])**(-g0/1lam[0]/R)

100 elif h<20000:

101 P=P_i[1]*exp(-g0*(h-11000) /R/T_1i[1])
102 else:

103 P=P_i[2]*(T/T_i[1])**(-g0/lam[1]/R)
104

105 #Calcualtion of Demnsity

106 rho=P/(R*T)

107

108 #Calculation of Speed of Sound

109 a=sqrt (gamma*R*T)

110

111 #Calculation of g with altitude

2 g=g0*(6371000/(6371000+h) ) **2

113

114 return T,P,rho,a,g

16 #Function to determine properties after an oblique shock wave

ug def oblique(M1,theta,gamma_c,T1,P1):

119 beta=math.asin(1/M1)

120 i1l=1

121 i2=0.5

122 while 11>i2:

123 al=(2*(1/math.tan(beta))) *(M1**2*math.sin(beta) **x2-1)
124 a2=(M1x**2*(gamma_c+math.cos (2*beta)))+2

125 il=abs (math.tan(theta)-al/a2)

126 beta+=0.00001
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139

140

141

143

144

145

146

a3=(2*(1/math.tan(beta)))*(Ml**x2*math.sin(beta) **2-1)
ad=(M1#**2*(gamma_c+math.cos (2*beta)))+2
i2= (math.tan(theta)-a3/a4)
beta=beta-0.00001
i=Mi*math.sin(beta)
(i) <1.0:
("At this wave angle, no oblique shock wave is possible")
quit ()
rhoratio=((gamma_c+1) * (M1**2xmath.sin(beta) **2) )/ (2+(gamma_c-1) *M1**2x
math.sin(beta) **2)
Pratio=1+(2*gamma_c)/(gamma_c+1) *(M1**2*math.sin(beta) **2-1)
Tratio=Pratio/rhoratio
T2=Tratiox*T1
P2=Pratiox*P1
M2=2/(gamma_c-1)
M2=M2*((1/Tratio) *(1+((gamma_c-1) /2) *M1**2) -1)
M2=sqrt (M2)

(M2),T2,P2

#Inlet Design

TO,PO,rho,a,g0=atm(h)

147 theta=math.radians (1)

148

149

157

158

59

160

161

162

theta<1:

#1st compression shock

beta=math.asin (1/M0)

i1=(2*x(MO**2*math.sin(beta) **2-1))

i2=(math.tan(beta)* ((MO**2* (gamma_c+math.cos (2*beta))+2)))

(math.tan(theta)-(i1/i2))>0.0001:

beta=beta+0.0001
i1=(2*(MO**2*math.sin(beta) **2-1))

i2=(math.tan(beta)* ((MO**2* (gamma_c+math.cos (2*beta))+2)))

pratio= (1+(2*gamma_c/(gamma_c+1) ) *( (MO**2*math.sin(beta)**2-1)))
e=pratio
rhoratio= ((MO**2*math.sin(beta) **2* (gamma_c+1))/(2+(gamma_c-1) *MO

**x2xmath.sin(beta) *x2))

M1= (sqrt ((2/(gamma_c-1))*((rhoratio/pratio)*(1+((gamma_c-1)/2)*MO
*%2) -1)))
a= (pratio/rhoratio)
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163

164

165

166

167

168

169

170

179

180

181

188

189

190

191

192

193

194

195

196

197

#2nd compression shock
beta=math.asin(1/M1)
i1=(2* (M1**2*xmath.sin(beta) **2-1))
i2=(math.tan(beta) * ((M1**2* (gamma_c+math.cos (2*beta))+2)))
(math.tan(theta)-(i1/i2))>0.0001:
beta=beta+0.0001
i1=(2*x(M1**2*math.sin(beta) **x2-1))
i2=(math.tan(beta) * ((M1**2*(gamma_c+math.cos (2*beta))+2)))
pratio=1+(2*xgamma_c/(gamma_c+1) ) *( (M1**x2*math.sin(beta)**x2-1))
f=pratio
rhoratio=(M1**2*math.sin(beta)**2*(gamma_c+1)) /(2+(gamma_c-1) *M1**2x*

math.sin(beta) **2)

M2= (sqrt ((2/(gamma_c-1))*((rhoratio/pratio)*(1+((gamma_c-1)/2) *M1
*%2) -1)))
b= (pratio/rhoratio)

#3rd compression shock
beta=math.asin (1/M2)
i1=(2*x(M2**2*math.sin(beta) **2-1))
i2=(math.tan(beta)* ((M2**2* (gamma_c+math.cos (2*beta))+2)))
(math.tan(theta)-(i1/i2))>0.0001:
beta=beta+0.0001
i1=(2*x(M2**2*xmath.sin(beta) **2-1))
i2=(math.tan(beta)* ((M2**2* (gamma_c+math.cos (2*beta))+2)))
pratio=1+(2*gamma_c/(gamma_c+1) ) *( (M2**2*math.sin(beta) **2-1))
g=pratio
rhoratio=(M2**2*math.sin(beta)**2* (gamma_c+1))/(2+(gamma_c-1) *M2**2%
math.sin(beta) **2)
M3= (sqrt ((2/(gamma_c-1))*((rhoratio/pratio) *(1+((gamma_c-1)/2)*M2
*%2) -1)))

c=pratio/rhoratio

#4th compression shock
beta=math.asin(1/M3)
i1=(2* (M3**2*math.sin(beta) **2-1))
i2=(math.tan(beta) * ((M3**2* (gamma_c+math.cos (2*beta))+2)))
(math.tan(theta)-(i1/i2))>0.0001:
beta=beta+0.00001

i1=(2*(M3**2*math.sin(beta) **x2-1))
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198 i2=(math.tan(beta) * ((M3**2*(gamma_c+math.cos (2*beta))+2)))

199 pratio=1+(2*xgamma_c/(gamma_c+1)) *( (M3**2*math.sin(beta)**2-1))

200 h=pratio

201 rhoratio=(M3**2*math.sin(beta) **2* (gamma_c+1) ) /(2+(gamma_c-1) *M3**2x%
math.sin(beta) **2)

202 M4= (sqrt ((2/(gamma_c-1))*((rhoratio/pratio)*(1+((gamma_c-1)/2)*M3
*%2) -1)))

203 d=pratio/rhoratio

204

205 attempt= (d*c*xb*xa-Tratio)

206 (attempt)<0.01:

207 tpratio=exfxg*xh*((1/(a*b*xcxd)))**(gamma_c/(gamma_c-1))
208 eta_c=a*b*c*xd-(1/tpratio) **((gamma_c-1) /gamma_c)

209 eta_c=eta_c/(a*b*xc*d-1)
210 eta_ke=1-(2/((gamma_c-1)*MO**2))*(-1+(1/tpratio) **((gamma_c-1)/

gamma_c))

212 theta=theta+0.001

214 #Determination of ODWE wedge angle for Ch.J detonation
015 £=(36*n_of _C+3*n_of_H)/(412*n_of _C+103*n_of_H)

216 Q=(((h_pr*10**6)*f)/(f+1))*eta_b2

217 Td=axbxc*xd*TO

218 Q_bar=Q/(Cpc*T4)

019 V4= (M4*sqrt (gamma_c* (Rc)*T4))

220 VA=VA* ((1+£+VExV4) /(1+£))

201 MA=M4x ((1+£*VExV4) /(1+£))

223 ChJ(var):

204 x=var

205 eql = ((M4*math.sin(x))**2-1)**2-2*%(gamma_c+1) *((M4*math.sin(x))**2) *
Q_bar

226 eql

o

27 beta= fsolve(ChJ, ((math.asin(1/M4)+1)))

228 math.asin (1/M4)>beta>(pi/2):

229 ("ERROR with detonation angle! Angle must be between",math.degrees
(math.asin(1/M4)),"and 90 degrees")

230 i=(M4*math.sin(beta)) **2

231 wedge_angle=beta-math.atan ((l+gamma_cx*i)/((gamma_c+1)*i* (sqrt ((M4/sqrt (i
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))*%x2-1))))

233 #Determination of Properties after the compression system
234 i=0
235 matrix = [ [ 0 for y in range( 4 ) ] for x in range( (B-A)+1 ) ]

236 for M in range(A,B+1,1):

237 T1=TO

238 P1=PO

239 M1=M

240 for n_of_shocks in range (1,5,1):

241 M2,T2,P2=oblique (M1, theta,gamma_c,T1,P1)
242 if abs(M2)<1:

243 print ("ERROR: Supersonic combustion is not possible!")
244 quit ()

245 if T2>1000:

246 print ("Preignition can occur!")

247 M1=M2

248 T1=T2

249 P1=P2

250 matrix[i] [0]=M2

251 matrix[i] [1]=T2

252 matrix[i] [2]=P2

253 matrix[i] [3]=M

254 i=i+1

256 #Scramjet Combustion

257 #Constant Pressure

258 def combustion_scramjet (T1,Cpb,f,h_pr,M1):

259 Vi=abs (Ml*sqrt (gamma_c*(Rc)*T1))

260 V2=V1*((1+£*VExV4)/(1+£))

261 T2=(T1/(1+£))*(1+(1/(Cpb*T1))*(eta_bl*f*h_pr*10**6+f*Cpb*222+(1+f*(
VExV4) *%2) * ((V1*%2) /2))) - ((V2*%2) / (2%Cpb) )

262 return T2,V2

264 T_pbl = [ [ 0 for y in range( 2 ) ] for x in range( (B-A)+1 ) ]
265 for i in range(0,(B-A)+1,1):
266 T_pb1[i][0],T_pbil[i][1]l=combustion_scramjet (matrix[i][1],Cpbl,f,h_pr,

matrix[i][0])
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268 #Constant Area

269 combustion_scramjetca(T1,Cpb,f,h_pr,M1,P1):

270 Vi= (M1*sqrt (gamma_c*(Rc)*T1))

271 a=1-(Rb1/(2%Cpb))

272 b=(-V1/(1+£) ) * (£*xVExV4+(1+((Rb1*T1)/(V1*%2))))

273 c=(1+(1/(Cpb*T1))*(eta_bl*fxh_pr*10*x*6+f*Cpb*222+(1+£f*(VExV4) *x*x2) x ((V1
*%2) /2)))*((Rb1*T1) /(1+£))

274 V2=(-b+ (sqrt (bx*x2-4xax*xc))) /(2*a)

275 T2=(c/Rb1) - ((V2**2) /(2*Cpb))

276 P2=PO* (1+£)*(T2/T1) *(V1/V2)*(P1/P0O)

277 T2,V2,P2

278

279 T_pblca = [ [ 0 y (3)1 X ( (B-A)+1 ) 1]

280 i (0,(B-A)+1,1):

281 T_pblcali]l [0],T_pbicali]l[1],T_pblcali] [2]=combustion_scramjetca(matrix[

i]J[1],Cpbl,f,h_pr,matrix[i] [0] ,matrix[i] [2])

284 #Expansion Scramjet

285 expansion(T1,P1,Vl,eta_e,R,Cp,f,MO0,TO,PO):

286 #1 is 4 and 2 is to 10

287 Vo= (MO*sqrt (gamma_O0*(RO)*T0))

288 T2=T1*(1-eta_e*x(1-(P0O/P1)*x(R/Cp)))

289 V2=abs (sqrt (V1+*2+42%Cp* (T1-T2)))

290 P2=P0O

291 Aratio=(1+£f)*(T2/T0)*(V0O/V2)

292 Aratio,T2,P2,V2

293

294 Stationl10_1 = [ [ O y (4) 1 X ( (B-A)+1 ) 1]
295 i (0,(B-A)+1,1):

296 Station10_1[i][0],Station10_1[i][1],Station10_1[i][2],Station10_1[i

J[3]=expansion(T_pbl[i] [0] ,matrix[i][2],T_pb1[i][1],eta_el,Rel,Cpel,f,
matrix[i] [3],TO,PO)

297

208 Station10_1ca = [ [ 0O y (4)1 X ( (B-A)+1 ) 1]

299 i (0,(B-A)+1,1):

300 Station10_1ca[i][0],Station10_1cal[i]l[1],Station10_1cal[il[2],
Station10_1cal[i] [3]=expansion(T_pbical[i][0],T_pbicalil [2],T_pbilcali

J[1] ,eta_el,Rel,Cpel,f,matrix[i] [3],TO0,PO)
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303 #0ODWE Combustion

304 post_detonation(P1,T1,rhol,V1l,theta,Cp,M1,Q):

305 M1=M1*((1+£xVExV4) /((1+£)))

306 first_root (var):

307 x=var

308 eql=(-(gamma_c+1) /2) *(math.tan(x-theta) /math.tan(x)) **2x (M1**2) *(
math.sin(x)**2)+(math.tan(x-theta)/math.tan(x))*(1+gamma_c*(M1**2) *(
math.sin(x)**2)) -(1+((gamma_c-1) /2) *(M1**2) *x (math.sin(x) **2))-Q

309 eql

310 beta=fsolve(first_root, (math.asin(1/M1)))

311 X=math.tan(beta-theta)/math.tan(beta)

312 Vi= (M1*sqrt (RcxTl*gamma_c))
313 Vi=Vi*math.sin(beta)
314 P2=P1+rhol*(V1**2)*(1-X)

315 Tratio=1+((V1*%2) /(2*Cp*T1))*(1-X**x2)+(Q)

316 T2=Tratiox*T1

317 V2=(V1*X)/(math.sin(beta-theta))

318 M2= (V2/sqrt (gamma_b2*Rb2*T2) )

319 M2<1:

320 ("Warning - Detonation can be unstable!")

321 M2n= ((V1*X)/sqrt (gamma_b2*Rb2*T2))

322 T2,P2,V2

323

324 T_pb2 = [ [ O y (3)1 X ( (B-A)+1 ) ]
325 i (0,(B-A)+1,1):

326 rho=(matrix[i] [2]) /(Rc*matrix[i] [1])

327 Q=(((h_pr*10**6) *f) /(£f+1) /(Cpc*matrix[i] [1]))*eta_b2
328 T_pb2[i][0],T_pb2[il[1],T_pb2[i] [2]=post_detonation(matrix[i][2] ,matrix

[i1[1] ,rho,matrix[i] [0] ,wedge_angle,Cpc,matrix[i] [0],Q)

330 #Expansion ODWE
331 Station10_2 = [ [ O y ( 4) ] 52 ( (B-M)+1 ) 1
332 i (0,(B-A)+1,1):
333 Station10_2[i] [0] ,Station10_2[i] [1],Station10_2[i][2],Station10_2[i
] [3]=expansion(T_pb2[i] [0],T_pb2[i] [1],T_pb2[i] [2],eta_e2,Re2,Cpe2,f,

matrix[i] [3],TO0,PO)
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335 #Performance

348

349

350

351

358

359

360

361

362

363

364

performance (R1,R2,V10,T10,V0,Aratio,f,g):
Ve=V10

Sa10=V10+((R2%T10)/V10)
Sa0=V0+((R1*T0)/VO)
st=(1+f)*Sal10-Sa0-((R1*T0)/V0) *(Aratio-1)
sfc=f/st

si=1/(g0*sfc)

Vratio=Ve/VO

eta_p=2/(Vratio+1)
eta_th=((((1+f)*(Ve**2) /2) -((VO*x2) /2)))/(£*h_pr*1000000)
eta_o=eta_th*eta_p
st,sfc,si,eta_p,eta_th,eta_o
per_scramjet = [ [ 0 y (6)1 x ( (B-A)+1 ) 1]
per_scramjetca = [ [ 0 y (6) 1 x ( (B-A)+1 ) 1]
per ODWE = [ [ © y (6)1 X ( (B-A)+1 ) 1]

i (0,(B-A)+1,1):

Vo= (matrix[i] [3]*sqrt (TO*gamma_O0*R0))

per_scramjet [i] [0] ,per_scramjet[i] [1] ,per_scramjet[i] [2] ,per_scramjet[i
1[3] ,per_scramjet[i] [4] ,per_scramjet[i] [6]=performance (RO,Rel,
Station10_1[i][3],Station10_1[i][1],V0,Station10_1[i][0],f,g0)
per_scramjetcal[i] [0] ,per_scramjetcal[i][1],per_scramjetcalil[2],
per_scramjetcal[i] [3],per_scramjetcal[i] [4] ,per_scramjetcal[i] [5]=
performance (RO,Rel,Station10_1cal[i] [3],Station10_1cal[i][1],VO,
Station10_1cal[i][0],f,g0)

per_ODWE[i] [0] ,per_ODWE[i][1],per_ODWE[i][2],per_ODWE([i][3],per_ODWE[i
]1[4] ,per_ODWE[i] [6]=performance (RO,Re2,Station10_2[i] [3],Station10_2[i

1[1],V0,Station10_2[i][0],f,g0)

#Plotting Results

Mach=[]

Mach=[0 i ((B-A)+1)1]
ST_SCRAMJET=[]

ST_SCRAMJET=[0 i ((B-M)+1)]

ST_SCRAMJETca=[]

5 ST_SCRAMJETca=[0 i ((B-A)+1)]

ST_ODWE=[]
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ST_ODWE=[0 i ((B-A)+1)]

; SFC_SCRAMJET=[]

SFC_SCRAMJET=[0 i ((B-4A)+1)]

SFC_SCRAMJETca=[]

SFC_SCRAMJETca=[0 i ((B-A)+1)]
SFC_ODWE=[]
SFC_ODWE=[0 i ((B-A)+1)]

SI_SCRAMJET=[]
SI_SCRAMJET=[0 i ((B-A)+1)1]

SI_SCRAMJETca=[]

; SI_SCRAMJETca=[0 i ((B-A)+1)1]
SI_ODWE=[]
SI_ODWE=[0 i ((B-4A)+1)]

ETA_p_SCRAMJET=[]

ETA_p_SCRAMJET=[0 i ((B-4)+1)1]

. ETA_p_SCRAMJETca=[]

ETA_p_SCRAMJETca=[0 i ((B-4)+1)]
ETA_p_ODWE=[]
ETA_p_ODWE=[0 i ((B-4)+1)1]

ETA_th_SCRAMJET=[]

87 ETA_th_SCRAMJET=[0 i ((B-A)+1)]

388

389

390

391

ETA_th_SCRAMJETca=[]

ETA_th_SCRAMJETca=[0 i ((B-2)+1)]
ETA_th_ODWE=[]

ETA_th_ODWE=[0 i ((B-a)+1)]

ETA_o_SCRAMJET=[]

303 ETA_o_SCRAMJET=[0 i ((B-4)+1)]

394

395

396

397

398

399

400

401

402

403

404

405

ETA_o_SCRAMJETca=[]

ETA_o_SCRAMJETca=[0 i ((B-A)+1)1]
ETA_o_ODWE=[]

ETA_o_ODWE=[0 i ((B-A)+1)]
Aratiocp=[]

Aratiocp=[0 i ((B-4)+1)1]
Aratioca=[]

Aratioca=[0 i ((B-A)+1)1]
AratioODWE=[]

AratioODWE=[0 i ((B-A)+1)]

i (0,(B-A)+1,1):
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406 Mach[il=matrix[i] [3]

407 ST_SCRAMJET [i]=per_scramjet [i] [0]

408 SFC_SCRAMJET [i]=per_scramjet [i] [1]

409 ST_SCRAMJETcal[il=per_scramjetcal[i] [0]

410 SFC_SCRAMJETca[i]l=per_scramjetcal[i] [1]
411 SI_SCRAMJET[i]=per_scramjet [i] [2]

412 ETA_p_SCRAMJET[i]=per_scramjet [i] [3]

413 ETA_th_SCRAMJET [i]=per_scramjet [i] [4]

414 ETA_o_SCRAMJET[i]=per_scramjet [i] [5]

415 SI_SCRAMJETcal[il=per_scramjetcal[i] [2]

416 ETA_p_SCRAMJETcal[il=per_scramjetca[i] [3]
417 ETA_th_SCRAMJETcal[il=per_scramjetcal[i] [4]
418 ETA_o_SCRAMJETca[il=per_scramjetcal[i] [5]
419 ST_ODWE [i]l=per_ODWE[i] [0]

420 SFC_ODWE [i]=per_ODWE[i] [1]

421 SI_ODWE[i]=per_ODWE[i] [2]

422 ETA_p_ODWE[il=per_ODWE[i] [3]

423 ETA_th_ODWE[i]=per_ODWE [i] [4]

424 ETA_o_ODWE[il=per _ODWE[i] [5]

425 Aratiocp[i]l=Station10_1[i] [0]

426 Aratiocal[i]=Station10_1cal[i] [0]

427 AratioODWE[i]=Station10_2[i] [0]

428

420 #PLOTTING SPECIFIC THRUST VS. FREESTREAM MACH NUMBER

431 with PdfPages("/Users/ines/Desktop/Tese/Code/output.pdf") as pdf:

432 x = Mach

433 y=ST_SCRAMJET

434 z = ST_ODWE

435 w=ST_SCRAMJETca

436 plt.plot(x, y,'r',label="Scramjet Constant Pressure")

437 plt.plot(x, z,'b',label="0DWE")

438 plt.plot(x, w,'g',label="Scramjet Constant Area")
439 plt.xlabel ('Freestream Mach Number, Mp')

440 plt.ylabel('Specific Thrust, [Ns/kgl')

441 plt.legend ()

442 pdf .savefig()

443 plt.show()

444 plt.close()
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446

447

448

449

450

459

460

461

462

463

464

465

466

467

468

469

473

474

475

476

477

478

479

480

#PLOTTING SPECIFIC FUEL CONSUMPTION VS. FREESTREAM MACH NUMBER
x = Mach
y=SFC_SCRAMJET
z = SFC_ODWE
w=SFC_SCRAMJETca
plt.plot(x, y,'r',label="Scramjet Constant Pressure")
plt.plot(x, z,'b',label="0DWE")
plt.plot(x, w,'g',label="Scramjet Constant Area")
plt.xlabel('Freestream Mach Number, Mp')
plt.ylabel('Specific Fuel Consumption, [kg/Nsl')
plt.ticklabel_format (axis="y",style='sci',scilimits=(0,0))
plt.legend ()
pdf .savefig()
plt.show ()

plt.close()

#PLOTTING SPECIFIC IMPULSE VS. FREESTREAM MACH NUMBER
x = Mach
y=SI_SCRAMJET
z = SI_ODWE
w=SI_SCRAMJETca
plt.plot(x, y,'r',label="Scramjet Constant Pressure")
plt.plot(x, z,'b',label="0DWE")
plt.plot(x, w,'g',label="Scramjet Constant Area")
plt.xlabel ('Freestream Mach Number, Mp')
plt.ylabel('Specific Impulse, Isp[s] ')
plt.legend )
pdf .savefig()
plt.show ()

plt.close()

#PLOTTING PROPULSIVE EFFICIENCY VS. FREESTREAM MACH NUMBER

Mach

X
y = ETA_p_SCRAMJET

z=ETA_p_ODWE
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484 w=ETA_p_SCRAMJETca

485 plt.plot(x, y,'r',label="Scramjet Constant Pressure")
486 plt.plot(x, z,'b',label="0DWE")

487 plt.plot(x, w,'g',label="Scramjet Constant Area")

488 plt.xlabel('Freestream Mach Number, Mop')

489 plt.ylabel('Propulsive Efficiency, etap ")

490 plt.legend ()

491 pdf .savefig()

492 plt.show ()

493 plt.close()

494

495

406 #PLOTTING THERMAL EFFICIENCY VS. FREESTREAM MACH NUMBER

497 Xx = Mach
498 y = ETA_th_SCRAMJET
499 z= ETA_th_ODWE

500 w=ETA_th_SCRAMJETca

501 plt.plot(x, y,'r',label="Scramjet Constant Pressure")
502 plt.plot(x, z,'b',label="0DWE")

503 plt.plot(x, w,'g',label="Scramjet Constant Area")

504 plt.xlabel ('Freestream Mach Number, Mp')

505 plt.ylabel('Thermal Efficiency, etaw, ')

506 plt.legend ()

507 pdf .savefig()
508 plt.show ()
509 plt.close()

510

512 #PLOTTING GLOBAL EFFICIENCY VS. FREESTREAM MACH NUMBER

513 x = Mach

514 y = ETA_o_SCRAMJET

515 z=ETA_o_ODWE

516 w=ETA_o_SCRAMJETca

517 plt.plot(x, y,'r',label="Scramjet Constant Pressure")
518 plt.plot(x, z,'b',label="0DWE")

519 plt.plot(x, w,'g',label="Scramjet Constant Area")

520 plt.xlabel ('Freestream Mach Number, Mop')

521 plt.ylabel('Overall Efficiency, eta, ')

522 plt.legend ()
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pdf
plt

plt

#PLOTTING A10/A0 VS.

X =

y

.savefig ()
.show ()

.close ()

Mach

Aratiocp

z=Aratioca

w=AratioODWE

plt

plt.
plt.
plt.
plt.
plt.

pdf.

plt

plt.

.plot(x, y,'r',label="Scramjet Constant Pressure")

plot(x, w,'b',label="0DWE")

ylabel ('A10/A0")
legend ()
savefig ()
.show ()

close ()

xlabel ('Freestream Mach Number,
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FREESTREAM MACH NUMBER

plot(x, z,'g',label="Scramjet Constant Area)

Mo ")
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